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OF TWO 45° SWEPT-BACK WINGS OF ASPECT RATIO 6

By Lynn W. Hunton
SUMMARY

A study of the finlte-span effects on the loeal loading charscter-
istics of two swept-back wings at low speed has been made with a view
toward providing some insight into the usefulness of two-dimensionsal
section data and span-loading theory for determining the section charac-
teristics of a swept wing. The two wings considered, for which complete
pressure~-distribution data were availlable at large scale, were identical
in plan form heving 45° of sweepback and an aspect ratio of 6 and
differed in twist and in sections, the latter being the NACA 64A010 and
NACA 6hA810.

At low values of 1ift coefflcient, the finite-span effects are
restricted to regions of the wing close to the root and tip. At higher
values of 1ift a three-dimensions} viscous effect becomes evident.
Examination of this effect reveals that the lateral flow of the boundary-
leyer air acts a8 a boundary-layer—control sgent over virtually the
entire span of the wing allevieting flow separation and thus increasing
the local maximum 1ift coefficient beyond that expected of the section
in two-dimensional oblique flow. The effect 1s greatest near the root
diminishing gradually spanwlse in approaching the tip. Near the tip
where there is little boundery-leyer-control effect the local section
characteristics closely resemble those for the two-dimensional section
in oblique flow.

In view of the foregolng influences associated with the finite-span
swept wing, a method whereby two-dimensionel datse and span-loading theory
are used to determine the local section characteristics of a swept wing
is shown to be limited to the 1ift range involving no flow separation.

In the 1ift range where flow separation 1s present, while noc general
formuls for accurately predicting the swept-wing characteristics is
gpparent at this time, the analysis offers some additional knowledge of
a qualitative nature of the factors governing the stalling behavior of
the swept wing.

@
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INTRODUCTION

For unswept wings it has been recognized for some time that the
three-dimensional effects introduced by a finite span could be success-
fully isclated to the span-loading characteristics and that the charac-
teristics of any one section of the wing could be related to two-
dimensional results (e.g., references 1 and 2). Thus, a reliable span-
loading method used in conjunction with two-dimensional section data
affords a simple procedure for determining surface loadings on the
unswept wing. The design of swept wings likewise would be greatly
facilitated i1f an equally simple and effective procedure for determining
surface ‘loadings were available. Simplified lifting-surface theory has
been shown to give reliseble indications of plan~form effects, including
sweep, on span lcading as long &s no separation exlsts (reference 3).
For chordwise loadings simple sweep theory has been proven valid for the
case of a two-dimensional section in yawed flow (reference L4). It would
gppear, therefore, that on the swept wing, & means exists to separate,
at least to a degree, plan~form and section characteristics following
the approach in use for the stralght wing. The applicasblliity of such a
procedure to the swept wing, of course, hinges on the extent to which
the chordwise loadings are influenced by the three-dimensional effects.

The accuracy of the span-loading theory (simplified 1ifting surface)
at low sgeeds was covered in reference 5 in spplication to two large-
scale L45° swept-back wings having identical plan forms but different
section profiles and markedly dissimilar stalling characteristics. In~
the present report, an attempt will be made to show on these same two
swept-back wings, first, the megnitude of three-dimensional effects on.
the local section lcoadings through analysis of section pressure diagrams
and, second, the siuitability of the procedure (two-dimensional data
combined with span-loading theory) for application to either the linear
or nonlinear lift ranges through examination of local section 1ift
curves.

NOTATION
CL 11ft coefficient <l;§t>
Cp drag coefficlent <§r§)
Cm pitching-moment coefficient <b§tchizgamqment:>
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pressure coefficient <
q

section 1ift coefficient (aectigz 1ift )

Reynolds numbexr based on c

area of semispan wing, square feet

span of complete wing, feet

local chord messured parsllel ‘to plane of symmetry, feet

b/2
J e

wing mean aerodynamic chord | ~S— s Teet

b/z2
[T

o
free-stream dynamic pressure, pounds per square foot

free-stream static pressure, pounds per square foot
local statlc pressure, pounds per square Ffoot

center 3& pressure, percent chord

angle of sttack of wing-root section, degrees

angle of attack for two-dimensional airfolls, degrees
wing zero-1ift angle of attack, degrees

gsection zero-1ift angle of attack, degrees

angle of attack of wing-root section for zero net 1ift on the
wing for loading associated with wing twist, degrees

angle of twist with respect to root chord (positive for washin),
degrees

fraction of semispan

sweep angle of the wing quarter-chord line, degrees
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Subscripts

t.e.sep trailing-edge separation
max maximum

A yawed flow
MODELS

Pertinent dimensions of the two wing-fuselage models are given in
figure 1. The wings were identical in plan form having 45° of sweep-
back of the quarter-chord line, an aspect ratic of 6, and a taper ratio
of 0.5. One wing was uncambered and untwisted, henceforth called the
plain wing, and employed an NACA 644010 airfoll section norma
g22£%2§;§§552=;;g§‘ The second wing, henCerorth called the tembered,
twiste ng, had 10° washout of the tip (see fig. 1 for twist distri-
bution) and employed sn NACA 64A810, a = 0.8 (modified) airfoil section
normal to the quarter-chord line. Each wing was equipped with six rows
of static-pressure orifices as indicated in figure 1. For test purposes
the wing-fuselage models were mounted vertically on the test-sectlon

floor in a semispan type of installatlon. More complete details of the
models may be found in reference 5.

The two-dimensional test models of the NACA 64A010 and 64A810,
a = 0.8 (modified), airfoils were 3-1/2 and 4 feet in length of chord,
respectively. The models when mounted in the Ames T~ by 10-foot wind
tunnel spanned the T-foot dimension. At the midspan section of each
model was provided a row of static-pressure orifices to permit measure-~
ment of pressure distribution.

RESULTS AND DISCUSSION

Pressure data obtained on two large-scale swept-back wings, 1denti-
cal in plan-form geometry, but dissimiler in stalling behavior, have
been analyzed in an attempt to gain some insight into the nature and
extent of the influence of finite-span effects on local section load-
ings. The dissimilarity in stalling behavior between the two models
was attributable principally to a difference in section profile; the
section of one wing wes symmetrical (NACA 64AO10) and the other was
highly cambered (NACA 64A810)}. Two-dimensional teste reported in
reference 6 showed the 64A010 airfoll to stall from leading-edge flow
separation; whereas those reported in reference 7 showed the 644810
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airfoil to stall primarily from turbulent separation near the trailing
edge. For reference purposes three-component force data for the two
wing-fuselage models are presented in figure 2 whlle in figure 3 are
glven the 1ift charscteristicsl of the two airfoll sectiomns. All wing
date presented throughout the report were obtalined at a Mach number

of 0.2 and s Reynolds number of 8 million based on the mean aerodynamic
chord of 6.21 feet. A1l two-dimensionsl data are glven for a Reynolds
nunber of 4.1 and 3.7 million for the uncambered and cambered sections,
respectivelys; these values correspond closely with the average effec-
tive Reynolds number of 4 million for the wings based on the components
of the mean zerodynamic chord and velocity both taken normal to the wing
quarter~chord line.

For purposes of this Invesitigation; the general study of the
influence of three-~dimensional effects on the locsl loading charscter-
istics of the swept wings is divided into two parts. In the first part,
an attempt is made to isolate the influence of three-dimensional effects
on the loecal chordwilise distribution of loading at & number of semispan
stations. The analysis for this case consists of camparisons of two-
dimensional pressure distributions with the local pressure distributions
measured on the wing models, the comparisons being mede 1n most cases on
an equal 1ift coefficient basis (i.e., equal pressure diagram area).
These results are presented in Ffigures 4t and 5 for the plain and
canbered, twisted wings, respectively. For additlonsl clerification of
this phase of the study there are also given local center-of-pressure
results in figure 6 and variation spanwise of local c3 for both

wings in flgure T.

The second part of the analysis is directed at demonstrating the
extent to which local 1ift values on the swept wing can be determined
for conditions involving either unseparated or separsted flow. For this
purpose local 1ift curves derived for several semispan statlions of the
swept wings from two-dimensional experimental data and Weissinger span-
loading theory are correlated with the local 11t curves measured on
the wing models. These results are shown in figure 8.

lThe 1ift curve for the NACA 644010 section was obtained from the
aerodynamic data of reference 8 since the data of reference 6 are
uncorrected for. tunnel-wall effects.
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Local Pressure-Distribution Comparisons

The local pressure-distribution curves in figures 4 and 5 are shown
for six semispan stations of both wing models. Four of these statlons
(see fig. 1) were oriented normel to the wing quarter-chord line follow=-
ing the concept of simple sweep theory. However, in order tc show more
clearly the three-dimensional influence on the loadings close to the root
and tip, it waes necessary to orient the orifice stations in these two
regions parallel to the free-stream direction.? The pressure data for
each of these wings are given for a range of lift-coefficient values
extending to beyond stall.

The accuracy of the simple theory of sweep for defining the effect
of sweep on the pressure distribution of a. two-dimensionsl section at
moderate angles of attack is generally accepted. Demonstrations of this
accuracy have been shown in a number of two-dimensional tests one of
which is reported in reference 4. A comparison of pressure distri-
butions derived from this two-dimensional theory with those measured on
the finlte-span wing thus should give & quantitative measure of the
degree to which the local section loeding characterlstics are influenced
by three-dimensional effects. There arises then the question as to =z
definition of the effective section of the finite wing with taper for
which a variation in sweep angle of the constant percent chord lines is
involved. Theoretical considerations would indlcate such a section to
be normal to the lines of constant percent chord at all points.
Obviously such a section would be curved which would entail a variation
chordwilise in the effective potential velocity. For purposes of this
study such a refinement was deemed unnecessary and instead an average
straight-line section normal to the guarter-chord line was employed.
Accordingly, the two-dimensional pressure dlagrams used in the anslysis
for comparison with the local pressure distributions measured on the
wing, streamwise and chordwise station data alike, are based on the
NACA 64A010 section for the plain wing and the NACA 64A810 section for
the cambered, twisted wing and in each case are computed for the same

‘Taper introduces a variation in the location percentagewise of pressure
orifices depending on the reference chord used. _Hereln the pressure
date in each case are given with respect to the chord line defined by
the particular arrangement of pressure orifices. For these wings with
moderate taper the consequent departure from the basic simple sweep
concept in the case of the two streamwlse stations is small and has
been neglected.
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value of local c; as that measured on the wing. These pressures were
derived on the basis of simple sweep theory, that is, pressure-
coefficient values were interpolated from unyawed two-dimensional data
for values of
€1
. _ __(wing)
IA=0 cos® A

To be applicable to the swept wing, the values of pressure coefficlent
80 determined for the foregoing valuee of CLA~O then were converted
to yawed flow, thus -

Pp = Ppog X cos® A

Comparisons of theoretical pressure distributions with the
two- and three-dimensional date are also included in most of the fig-
ures. These values were derived by the method of velocity super-
position described in reference 9 and converted to yawed flow follow-
ing the procedure outlined for the two-dimensional-data case.

Plain wing.- Inspection of figure 4 reveals that the correlation
of pressures for the finite wing with those for the yawed infinite
span section is generally quite close at most stations for 1lift
coefficients ranging to 0.6. This 1ift range corresponds to that"
for which 1ittle or no separetion existed on the wing. (See stall
discussion of reference 5.) The most obvious deviation in these
" pressure comparisons sppears near the root at stations 0.167 and 0.383.
At zero 1ift (fig. 4(a)) some possible evidence of the induced veloc-
ity effect on the base profile pressure distribution® resulting in a
gshift rearward of the minimum pressure point appears at statiomn 0.167
while at station 0.383 and at the tip station 0.924 virtuslly no
influence of thilis effect may be sesn. The general rise in level of the
pressures at stations 0.167 and 0.383 is attributasble to interference
of the fuselage; thils effect, however, being falirly uniform over the
chord, does not materislly alter the distributions of local loading.
With introduction of additional type 1ift, an induced camber effect*
appears in the results of figure 6 as a shift in the center of pres-~
sure of l-percent chord rearward at the root statlion and 3-percent
chord forward at the tip station. This camber effect is spproximately
constant throughout the 1ift range and does not extend toward midsemi-
span a8 far as elther station 0.383 or 0.815. Hence, from these
results in the 1ift range involving no flow separation, it may be
deduced that (1) the influence of the finite span resolves into only one

SSee references 10 and 11 for theoretical treatment of thls effect.
See reference 12. '
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significant effect, that of induced camber which 1s concentrated quite
close to the wing-fuselage juncture and the tip, and (2) over the
remaining major proportion of the exposed wing span the chordwise load
distributions for all practical purposes behave like the infinite span
section in oblique flow.

In reference 5 the stall of thile wing was described as having
resulted from flow separation near the leading edge of tip stations at
a Cyp, of 0.65. In figure 4(d) it may be seen that Just prior to flow
separation at a Cy, of 0.60, all stations of the wing but one (0.92k)
have exceeded the two-dimensional value of ecj,,, corrected for
sweep (1.10 X cos® 450 = 0.55). For these cases it was not possible to
match pressure dlagram areas; instead, the pressure dlstribution from
two-dimensional tests is shown for the NACA 64A010 section Just over
stall at an indicated c¢; of 0.41 (in oblique flow). The theoretical
pressure distributions on the other hand match closely the wing pressures
Just prior to stall at all statlons except near the fuselage Juncture.
In the theoretical pressure distributions there is, of course, nc
account teken of the viscous effects. The close correlations so shown
then must be an indicstion that little or no separastion was present
prior to wing stall even though the two-dimensional Clmgx Das been
. exceeded at most polnts. This delay in separation and consequent
increase in the value of local cCip.. &8 compared to the yawed infinite
span section cyp., o0f 0.55 is illustrated in figure 7. Near the tip
the two-dimensional and wing values sgree closely, whereas progressing
inboard the wing local cipgy values increase to almost three times the
two-dimensional velue in yawed flow. This result thus clearly demon-
strates the action of the msjor three-dimensional effect present on the
swept wing when separation is elther imminent or has occurred; namely,
the influence of the three-dimensional boundary-layer-control effect
afforded by lateral flow of boundary-layer sir. The consequences are
greatest near the root diminishing to almost no effect at the tip.
A lack of means to evaluate this effect for any plan form represents,
et the present time, the major obstacle preventing accurate predictions
to be made of the characteristics of swept wings.

In view of the significant increases in the local cip., values
brought about by the three-dimensional boundary-layer characteristics,
it 1s of lnterest to consider the stalling behavior of these sections
to see what changes occurred. Comparisons of the two-dimensional and
wing-pressure distributions following stall are given in figure L(e).
Each pressure diagram shown corresponds to the first evidence of a loss
in nose peak pressures at the particular station except that at the root
atation 0.167 where stall was never reached. Also included are the
values of wing Cj, for which the data at each station are given. The
varistion shown in wing Cj for each station 1s indicative of the
progression of stall from the tip to the root. The stall of the
NACA 64A010 section was described in reference 6 to be of the type where
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the flow separated near the leading edée but reattached at about the

-15-percent -chord point, ceusing partiel recovery of the free-stream

pressure from this polnt to the tralling edge. On the wing the mech-
anism of flow separation at most stations appears to be quite similar
to the observed characteristics for the two-dimensional section. How-
ever, the point of reattachment of flow on the wing sections 1s much
closer t¢ the leading edge and the pressure-recovery gradient supported
by the three-dimensional flow conditions is somewhat steeper than that
exhibited by the two-dimensional section.

Cambered, twisted wing.- The pressure-distribution comparisons for
the cambered, twlsted wing in figure 5 are given for & wing lift-
coefficient range extending from 0.15 to Jjust beyond the: Clpgy of 1.09.
As described in reference 5, the characteristics of this wing are
influenced strongly by turbulent separation. Two-dimensional tests of
the NACA 64A810 airfoil showed that turbulent separation began at a c3
of 1.06. For the section yawed 459, then, such separation would be
anticipated at & c¢; of 0.53 (1.06 x cos® 45°). This c3; value is
reached locally on the wing first at the dnboard stations at a wing Cg,
of gbout 0.50. The comparisons of pressure distributions given for 1lift
coefficients of 0.15 and 0.50 show quite close agreement except for the
root and tip effects. These effects appear similar to and of roughly
the same magnitude as those discussed for the plain wing. The only
difference to be noted (fig. 6) is an unexplained failure of the center
of pressure at the root station to shift rearward s would be indicated
by theory and as the plain wing showed.

Above a wing Cp, of 0.50 the two-dimensional pressure distribu-
tions beglin to show a noticeable deviation from the inbosrd station
loadings, these stations having reached values of c¢3 over 0.53.

Above this, the two-dimensional pressures exhibit trailing-edge sepa-
ration whereas the inboard statlion wing pressures show no separation

and hence continue to match closely the theoretical pressure distribu-
tions. At a Cp, of 0.83, however, the local loading near the tip
(0.92k4) exceeded a cz of 0.53 at which time turbulent separation began
on the wing, quickly spreading inboerd from this point. This variation
spanwise in the e¢3 value for incildence of turbulent separation is shown
in figure 7. Nesr the root turbulent sepsration never developed, while
conditions nesr the tip match closely the two-dimensional characteris-.
tics. Hence it is seen that, owing to boundary-layer control resulting
from the lsteral flow of boundary-layer air, trailing-edge separation
was delayed over most of the wing until such time ag a section near the
tlp reached the two-dimensional value of . ¢; Ffor such separation.
Furthermore, - since the formation and growth of separation at the out-
board stations agree closely with the yawed section characteristics,

‘it 1s apparent that the flow of boundsry-leyer ailr toward this region

does not.have a detrimental effect on the local section stalling
behavior et,this relatively large test Reynolds number of 8 million.



10 o )] NACA RM A52A10

In figure 5(e) the data at a Cy, of 1.0l show conditions on the

wing Just preceding C and complete flow breakdown which occurred
at & Cr, of 1.09. All stations but that at 0.92Lk have exceeded the
c of 0.84 for the yawed two~dimensional section. The large varia-

tlon in cipay sSpanwise may be seen In figure T where it is indicated
that at the 0.38 span station an increase in cipgy Of nearly 70 percent
above the two-dimensional value was measured while at the root stetion,
although the szbsolute magnitude of cipgy was not determined, indica-
tions point to a much higher percentage increase.

Comparisons of two- and three~dimensional pressure distributions
beyond Crp., &t a Cr of 1.06 are given in figure 5(f). As in the
case of the plain wing, the two-dimensional date are gilven for ciypay
there being no attempt made to equalize the pressure dlagram areas for
the stalled condition. The stell of the NACA 64A810 section in two-
dimensional flow occurred at 14° angle of attack and was gradusl with
little loss in 1ift with increase in sngile of attack to 16°. 1In
reference T, thls stall was described as resulting from gradusl progres-
slon forward of turbulent separation with little loss in nose peak
Pressures belng observed even beyond cimgy. On the three-dimensional
wing, however6 stall was found to be much more abrupt (see reference 5)
where, with 1- change in angle of attack (21° to 22°), turbulent
separation progressed forward asbout 0.6 chord nesrly to the lesding
edge at outboard stations, and leading~edge separation and reattachment
typ€ of stall resulted at stations farther inboard. Thus, it is seen
that the stalling characteristics of inboard sections can be completely
altered, presumably by the three-dimensional boundary-layer conditions
present on the swept-back wilng.

Local Lift-Curve Comparisons

The preceding section was directed at demonstrating the extent of
correlation that exists between two-dimensional pressure distributions
and those on the finite-span swept wing, these correlations being based
on equal values of 1lift. Use of two-dimenslional or theoretlical data for
prediction of chordwise loadlings requires a knowledge of the local 1ift
distribution across the span of the wing. In the 1ift range involving
no flow seperstion where locel 1ift curves generally are linear, the
span-loading theory accounts quite accurately for the variation span-
wise in local lift-curve slopes induced by the finite span. In the
1ift renge where flow separation has occurred, 1t has been proven
practical in the case of unswept wings to rely on two-dimensional test
data to obtain the nonlinear 1lift characteristica of the loczl semispan
sections (e.g., reference 2). To demonstrate the adeguacy of these
unswept-wing procedures when spplied to the swept wing at 1lift coeffi-
clents covering conditions involving either unseparated or separated

T
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flow, comparisons will be& made of predicted and measured local-lift
curves for the two models considered in the previous section. These
comparisons for six semispan stations on each wing are given in
figure 8.

The yawed infinite wing 1ift curves for the NACA 64A0I0 and
NACA 6L4LA810 airfoils from which the predicted local-1ift curves on each
wing were derived are also given in figure 8. These yawed-flow curves
were determined from the two-dimensional experimental 1ift curves of
figure 3 following simple sweep theory. Thus, the angles of attack and
corresponding values of 11ft coefficient were adjusted in the Pfollowing
manner:

Gop = Gop_o X €OB 450

c, =c¢ X cos® 45°
. N A0 7

Local 11ft curves for the various stations of each wing were then found
by rocking the two-dimensional yawed 1ift curve to the local slope given
by the Weissinger span-loading method. This step was accomplished by
shearing the curves holding the values of c¢; constant and adjusting a
to give the theoretlcal slope, it being assumed that the deviation of the
local slope from the two-dimensional value stems largely from the induced
angles. The matching of local slopes to theory was restricted to just
the low-1ift linear range of the experimental curves. For the plain
wing having symmetry, the angles of zero 1ift for the wing and local
stations are, of course, all zero. However, for the cambered, twisted
wing the angle of zero lift is a function of both the camber (a«;_ ) and
the twist (ap). The al, ©of a cambered sectlon in yawed flow rgduces
by the cosine of the sweep angle, while the angle of attack of the root
station ap for zero 1ift on & twlsted wing is given by the Weissinger
loading method. Hence, the angle for zero 1lift of the wing becomes

o, = @7, X cos 459 + ap

Since the camber was constant across the span, the wing at the angle of
attack for zero 1lift carries a basic span-1ift distribution dependent
only on the twist distribution. This basic 1lift distribution and the
Lo for the wing then establishes on the 1ift curve the coordinates of
one point for each semispan station through which the various predicted
local 1ift curves must pass.

Plain wing.- The results in figure 8(a) show that the theoretical
lift-curve slopes agree very closely with experiment for all stations of
the wing, thus verifylng the accuracy of the span-loeding theory. The

Clmax of the NACA 64AQ10 sirfoil in a 45° oblique flow would be 0.55.

SRS
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A1l stations of the. wing exceed this value, some by quite a wide margin
as was slso seen earller in-figure 7, the 0.924 station showing the
closest agreement. On this wilng having a section with virtually a
lineer 1lift curve to cypgy, this vaeriation in loecal cy,,, across the
gpan, therefore, represents the principsl three-dimensional effect and
indicates the effectiveness of the lateral flow of the boundary-layer
air as a boundary-layer-control agent.

Cembered, twisted wing.- The linear portion of the obligue-section
1ift curve extending to & c¢3; of gbout 0.53 was used to define the
slope of the local curves. In this lift range the theoretical and
experimental slopes agree closely. The predicted ar, of ~1.4° (based
on ap, of -6.2° snd op of 2.9°), however, may be seen to deviate
from experiment by approximately -1-. This discrepancy is considered
rather inconsequential since the sbsolute value of the angle of atitack
generally 1s of only secondary interest. In the upper 1ift range
(ebove 0.53) where the FACA 644810 section in oblique flow exhlbited
turbulent separation, these predicted curves show an increasing depsar-
ture from experiment as stations near the root are approached, following
the pattern fully discussed earlier In connection with the chordwise
loading study. With the exception of the 0.92h4 station, it may be seen
that all local statioms of the wing exceeded the two-dimensional ciypoy
in yawed flow of 0.84. The failure of the tip station to fully attain
the two-dimensional cCipgx, ae did tke tip of the plain wing, is
believed attributable to the severe washout of -10%; initial leading-
edge flow separation occurred at an inboard station and contributed to
the premature stalling of the tip. It would appear clear from these
comparisons, therefore, that in the nonlinesr 1ift range the three-
dimensional viscous effects become so domlinsnt that only at the outboard
stations are the two-dimensional nonlinear 1ift characteristice even
approximaetely simlated.

Evaluation of Surface-Loading Procedure

In the two preceding sectlons the two principal phases involved in
the application of itwo-dimensional data and span-loading theory to
determining surface loadings on the swept wing have been demonstrated.
In the first section the local pressure-distribution comparisons were
studied through Cr;., on the assumption that the local-lift value
would be known. In the second section the applicabillty of & procedure
for determining the local 11ft values in the linear as well as nonlinear
1ift ranges was studied. From these results for two wings wilth 45° of
sweepback it was found that the 1ift renges involving unseparated or
separated flow clearly marked two distinct regimes insofar as the
applicability to the swept wings of two-dimensional date and span-
loading theory were concerned. In the absence of flow separation,
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quite accurate local lbadings could be determined except near the

root and tip where shifts in the center of pressure to the order of
0.05 chord were measured. When flow separation became imminent,

either of the laminar or turbulent type, it appeared that three-
dimensionel viscous forces came into play such as to delay the separa-
tion until stations near the tip (region of 0.9 semispan) reached the
two-dimensional value of ¢; for such separation. Whether these
results are generally appliceble at other Reynolds numbers is open to
some question in vliew of the importance of viscosity in governing the
characteristics of the swept wing. The results hereln were obtained at
a Reynolds number sufficiently large that the effectlve Reynolds number
of the tip section normal to the querter~chord line was above the
critical value for cjp,, 1n two-dimensionsl flow.

The delsy in separation over most of the wing i1s believed to account
for the rather poor sccuracy in attempts made st predicting separation
and the resultant effects thereof on the force characteristics of the
swept wing. It is most likely the principal factor contributing to the
underestimations of the 1ift coefficient for separation given in
reference 13. With asctual occurrence of separation on the swept wings
the viscous effects became s0 dominant as to render the procedure less
and less tenable with increase in Cg.

CONCLUSIONS

A study has been made of the extent to which the local chordwise
loading characteristics of two swept wings are determineblie from yawed,
infinite—span section data and span-loading theory. Directly involved
in such a study was an evaluation of the relative influence of three-
dimensionael effects on the local losdings. The generel conclusions
reached regarding these finlte-span effects for two large-scale
459 gwept-back wings of aspect ratio 6 were as follows:

1. In the low-1ift range, the finlte-gpan effects were restricted
to those associated with the root and tip which, combined, affected
approximately 25 percent of the span causing a deviation in local
center of pressure in these two areas of 3- to 5-percent chord.

2. At the bigher 1ift coefficlents, evidence of a boundary-layer-
control effect was present which presumsbly could be traced to the
lateral flow of the boundary-layer air. Exsmination of this phenomenon
revealed the following:

a. First evidence of this boundary-lasyer control was observed
at 1ift coefficients where flow separation would be anticipated
from two-dimenslonal dats.

NSRS
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b. The effect tended in all cases to delsy flow separation and
thus increase ciyp,. beyond that expected of the sectlon in two-
dimensional oblique flow.

c. The effect was greatest near the root and diminished gradu-
ally spanwise in approaching the tip.

d. Near the tip where the boundary-layer control was a minimum,
the local sections behaved much like the corresponding two-
dimenslonal section in obligue flow. Hence, it would appear from
these results that occurrence of initial stall at the tip of most
swept-back wings is chargeable to increased values of ciyp o of
inboard sections rather than to any deleterious influence of the
three-dimensional viscous effects at the tip.

In view of the foregoing, the usefulness of two-dimensional data
together with span-loading theory for determining local loading charac-
terlstics on the swept-back wing may be summarized as follows:

1. In the ebeence of flow separation, qulte accurate local load-
ings can be predicted by this method except near the root and tip.

2. With flow separation impending on the swept wing the accuracy
of the method begins to decline, particularly at inboard statlons, as
the boundary-layer-control effect operates to delay the separation in
this region until sections neer the tip reach the two-dimensional value
of 1lift for such separation.

3. Following flow separation on the swept wing, the three-
dimensional viscous effects become of sufficlent magnitude to render
the method inspplicable.

Ames Aeronsautical Laboratory,
National Advisory Committee for Aeronautics,
Moffett Field, Calif. N
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